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ABSTRACT
The Johns Hopkins University Applied Physics Laboratory (APL) explored a reusable hybrid rocket 
design to enable low-cost, rapid flight testing. Rocket motor reusability requires addressing the 
unique thermal challenges of the combustion chamber. Specifically, APL focused on addressing 
an unexpected thermal load on the forward bulkhead that resulted in melted aluminum near the 
injector. Thermal management design concepts included changes to the forward bulkhead by 
adding insulation, lengthening the precombustion chamber, and adjusting the spray angle of the 
injector. The design study showed that both lengthening the precombustion chamber and using 
an axial injector with contoured ports resulted in adequate thermal management, confirming that 
aluminum is suitable for the hybrid rocket combustion chamber forward bulkhead in APL’s design.

hypersonic research and systems as a way to maintain 
its superiority.

Effective research requires access to facilities and 
experimentation to prototype and learn. Over the 
past several decades, US adversaries have continued to 
develop new facilities, giving foreign researchers access 
to test facilities, while the United States has shuttered 
its own. Consequently, the United States now relies on 
a few older facilities, in combination with periodic flight 
testing, to develop new weapons. While the United 
States has made progress in new systems, it has come at 
great cost with long timelines, in part due to the limited 
availability of test facilities and in part due to the high 
costs of flight testing. Rising test costs build high test 
expectations, and any failure risks program cancellation, 

INTRODUCTION
Motivation

US adversaries continue to advance their militaries 
and weapons, putting the United States at risk of losing 
the military dominance it has enjoyed since World 
War II. This statement is not specific to hypersonic 
weapons, perhaps inferred from the title of this article, 
but encompasses many technology domains. Advances 
in tracking (radar and communications) reduce the 
effectiveness of strike weapons and the surprise of 
stealth, advances in defensive surface-to-air missiles 
challenge the survivability of both weapons and air-
craft, and advances in long-range strike weapons not 
only put naval and ground assets at risk but also negate 
their utility. The United States will need to develop 
new systems to negate and counter these advances and 
increase its military capability, and it has prioritized 
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resulting in longer timelines and higher costs to increase 
the probability of a successful flight. A recent Govern-
ment Accountability Office report details cost overruns 
and extended schedules.1

There is a national need to flight-test hypersonic tech-
nology earlier in the program life cycle to aid decisions 
and technology development before designs are locked in. 
While the United States has had success with individual 
flight tests, there is still significant risk in subsystem tech-
nology because of coupling (each subsystem affects the 
other). Individual uncoupled test campaigns (arcjet tests, 
wind tunnel tests, and ground tests) are not sufficiently 
effective risk mitigation methods for hypersonic systems, 
as flight environments cannot be perfectly duplicated on 
the ground. Furthermore, access to ground-test assets is 
limited as the fundamental research and weapons devel-
opment communities compete with each other for ground 
testing. Consequently, flight tests—which are historically 
failure prone—offer the first exposure to combined flight 
environments for new hypersonic systems. Considering 
the significant cost and schedule to reach flight testing, 
this approach is undesirable and risky.

The current testing construct for most programs is to 
use a ground facility to evaluate a specific aspect of a test 
article. For example, material survivability in hypersonic 
conditions is challenging because of intense heating. To 
reduce risk, a material sample typically undergoes arcjet 
testing where it experiences significant heating for long 
durations. Unfortunately, surviving this test does not 
ensure material acceptability because arcjet tests do not 
duplicate the pressure and shear loads experienced in 
flight and do not include mechanical details like inter-
faces and seals that must also function. These challenges 
apply to all areas of a hypersonic system—antennas, 
control surfaces, sensors, electronics. All must work col-
lectively and robustly to accomplish a successful mission.

Testing Limitations
While ground-test facilities offer extensive capabili-

ties for hypersonic testing, key limitations reduce their 
effectiveness. Of the main facilities typical for ground 
testing, not a single one achieves all the needs based on 
runs per day—scale, Mach, pressure, temperature, tur-
bulence, duration, and productivity. An additional chal-
lenge with ground testing is the overall limited access to 
facilities. Cost, competition, and regular maintenance 
all contribute to lack of on-demand availability. Every 
ground test becomes a compromise of testing needs 
versus testing constraints; consequently, the results of the 
test are not representative of flight. Consider the previ-
ously mentioned material example: Samples are exposed 
to high heat fluxes in arcjet facilities, but the pressures 
are low, creating much lower shear stresses—a signifi-
cant limitation for coatings or ablation-type degradation 
risks. Additionally, arcjet test sample sizes are small, on 

the order of inches, making it difficult to test flight size 
interfaces with seals and material stacks. The size/scale 
limitation makes it difficult to test risk reduction of the 
combined thermal-structural problem. Simply stated, the 
US community is currently unable to easily test large 
sample sizes for hypersonic applications. Flight testing is 
the other main option, but it comes with significant cost 
and schedule consequences. A “cheap” flight test using 
sounding rockets is still on the order of $5–10 million and 
takes about a year of planning and execution to com-
plete. Higher-profile demonstration flight tests are an 
order of magnitude higher in cost, and it typically takes 
5+ years to accomplish a single flight test. Furthermore, 
when those tests occur, they often fail, causing extra 
delays or even program elimination. However, it is unfair 
to pass judgment on programs of the past, as their efforts 
were commensurate with the options available.

Today, solid rocket motors come in a variety of sizes 
and thrust profiles, and they are preferred over liquid 
engines because of their simplicity and reliability. Mis-
sions and payloads determine speed, direction, and alti-
tude needs, which are then used to size a rocket. The net 
result is usually a rocket with one to three stages that has 
the highest probability for achieving the flight condi-
tions desired. Minimal flight trajectory shaping is pos-
sible and is controlled by launch angles, actuators, and 
coast times. One of the significant limitations with a 
sounding rocket is that, once ignited, the thrust cannot 
be controlled, resulting in two main consequences:

1. Although it may be notionally predictable, the 
rocket trajectory is uncontrollable and based on 
launch angles and the delivered thrust of the motor.

2. The lack of thrust control severely constrains burn-
out velocity and flight path angle, which limits pay-
load insertion conditions.

Because of these limitations, many different motors 
are needed to achieve different flight conditions. Each 
motor must be designed, built, and qualified, adding cost 
and time. Instead of having a system that delivers the 
desired performance, the industry is forced to use what 
is available to the best degree possible.

Consequences
Considering the current status of ground testing facili-

ties and the cost of flight testing, the hypersonic com-
munity is confined to a situation that stifles progress and 
avoids risks, sacrificing potential performance. Larger 
programs rely on decades-old techniques to solve current 
problems, requiring them to pursue multiple options or 
solutions, which adds significant cost. At the basic research 
level, scientists and engineers cannot test new technol-
ogy in flight environments, amplifying the problem. The 
cumulative consequence is a high-risk posture across the 
technology disciplines for hypersonic applications.
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There is a need for accessible lower-cost flight testing 
that is available at a rate equivalent with the needs of 
the community and that can be executed in a manner 
that accepts risks and failure—so programs, businesses, 
and academia can test in a manner that advances the 
state of the art in years, not decades. Instead of failures 
being feared, they should be seen as learning opportuni-
ties, with lessons implemented in weeks, not years, for 
subsequent flight attempts.

OUR SOLUTION
Our vision for hypersonic testing involves a flexible, 

reusable rocket that could test a variety of payloads in a 
variety of flight conditions. By facilitating rapid, inex-
pensive testing, programs could test their concepts early, 
allowing the engineering design process to take advan-
tage of lessons learned without the pressure of the late-
stage, expensive, and highly visible flight tests faced by 
current programs.

The test vision, illustrated in Figure 1, shows a rocket 
boosting to specific test windows and then returning for 
landing, which could also be located downrange. A reus-
able sounding rocket enables new capabilities that are 
not available with existing ground testing or flight test-
ing using traditional solid rocket motors. First, a reusable 
system allows for multiple launches, for the same payload 
or for different payloads. Second, ideally a reusable rocket 
has throttling capability, which allows trajectory profiles 
to be specified and controlled to a greater level of cer-
tainty—flight environments not possible with ground 

testing. Third, a reusable rocket allows for a returnable 
test article for inspection and evaluation after exposure 
to flight environments. The payload test articles can 
be relaunched to evaluate longer-duration exposure to 
flight loads.

To achieve the vision, we chose a hybrid rocket 
motor. The description and schematic of a hybrid rocket 
motor is illustrated in Figure 2. A hybrid rocket motor 
was chosen for a variety of reasons:

•	 Throttling—The control of oxidizer flow rate allows 
for thrust control to better represent a variety of 
operational missions.

•	 Thrust	termination	and	reignition—Thrust pulsing 
allows for new trajectory profiles, including a return 
for landing similar to SpaceX concepts.

•	 Safety—The oxidizer and fuel are kept separate until 
flight, and if noncryogenic oxidizers are used, then 
capital overhead is reduced, lowering risks and cost.

•	 Performance—Hybrid rocket performance is 
acceptable for missions of interest, with specific 
impulse comparable to that of solids but lower than 
that of liquids.

•	 Cost—The hybrid rocket fuel and oxidizer options 
are readily available and affordable and do not require 
special facilities like liquid and solid rockets do.

To achieve the testing vision, the engineering efforts 
outlined in Figure 3 gradually build capability, with 
each step adding a new test resource. The initial steps 
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Figure 1. Rapid flight-testing vision. In this vision, a rocket boosts to specific test windows and then returns for landing, which 
could also be located downrange.

http://www.jhuapl.edu/techdigest


Hybrid Rocket Motor Ground Testing Results

Johns Hopkins APL Technical Digest, Volume 36, Number 2 (2022), www.jhuapl.edu/techdigest 187    

build ground-test assets to enable exploration testing 
on hybrid rocket motors while also building infrastruc-
ture for future propulsion testing. Next is a subscale 
rocket capable of low hypersonic conditions to mature 
the hybrid motor and flight systems while also being a 
usable asset to flight test technology. Use cases include 
the following:

•	 Deploying projectiles to evaluate advanced guid-
ance, navigation, and control

•	 Sensor terminal flight testing and height of burst 
testing

•	 Multi-salvo radar testing

•	 Defense against hypersonics

Once the subscale rocket is mature, adding another 
test resource for the nation, the envisioned vehicle devel-
opment adds additional functionality to support larger 

payloads and higher-speed environ-
ments to provide a truly flexible 
hypersonic test asset for the nation.

While a hybrid rocket is not new, 
nor is a reusable rocket, our vision 
is for a reusable test asset that is 
affordable to fly many times more 
frequently than in the current para-
digm. The enabling technology to 
accomplish this goal has been dem-
onstrated at some level by various 
industry members; thus, the chal-
lenge is assembling the pieces into 
a workable solution. Over the past 
few years, a small APL team has 
been incrementally exploring the 
problem, prototyping and testing 

motors, evaluating the enabling technology, and learn-
ing to address reusability challenges. Given our vision 
and a limited budget and schedule, we concentrated on a 
design for a prototype hybrid engine with a focus on reus-
ability and affordability. The next section of this article 
describes the design choices made and why and how these 
choices drove the overall engine design. The second half 
of the article focuses on the testing, lessons learned, and 
resulting changes to the engine design. The overall goal 
is to illustrate how the classic “build a little – test a little” 
prototyping philosophy can be successfully applied to 
advance a revolutionary hypersonic testing vision.

APL HYBRID ROCKET DESIGN
In a hybrid propulsion system, one component of the 

propellant is stored in the solid phase while the other 
is stored in a liquid or gaseous phase. Most hybrid sys-
tems commonly use a liquid oxidizer–solid fuel con-

cept. Figure 4 illustrates the general 
geometry of a hybrid rocket motor. 
In this concept, liquid oxidizer is 
stored in a tank and pressurized via 
a gas tank to control the oxidizer 
upstream pressure and mass flow 
rate into the combustion chamber. 
Oxidizer is injected into a precom-
bustion chamber upstream of the 
primary fuel grain. The fuel grain 
contains an axial combustion port 
with varying geometry that gener-
ates fuel vapor to react with the 
injected oxidizer, which then enters 
a postcombustion chamber. To 
improve efficiency, the postcombus-
tion chamber ensures that all fuel 
and oxidizer are burned before exit-
ing the nozzle. The forward bulk-
head includes all the parts in front 

What is a hybrid rocket?
A hybrid rocket uses a solid fuel grain and a liquid or gaseous oxidizer, stored in a tank, which is 
controlled by a valve through the injector and into the combustion chamber where the fuel grain
is stored. Once ignited, the fuel grain starts to pyrolyze and react with the oxidizer to form 
combustion products, which then exit the nozzle. The motor ignites via a small ignition source
and oxidizer passing through the valve. The motor thrust is controlled by the oxidizer �ow rate
through the valve.

Valve
Igniter

Injector

Oxidizer tank Fuel grain

Nozzle

Figure 2. Schematic of a hybrid rocket. (Public domain image courtesy of Jonny Dyer, via 
Wikipedia, https://commons.wikimedia.org/wiki/File:Hybrids_big-tosvg.svg.)
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Figure 3. Incremental steps for hybrid rocket development. To achieve the testing 
vision, the engineering efforts gradually build capability, with each step adding a new 
test resource. The initial steps build ground-test assets to enable exploration testing on 
hybrid rocket motors while also building infrastructure for future propulsion testing. Next 
is a subscale rocket capable of low hypersonic conditions to mature the hybrid motor and 
flight systems while also being a usable asset to flight test technology.
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of the fuel grain (injector 
and precombustion cham-
ber), while the aft closure 
assembly contains every-
thing aft of the fuel grain 
(postcombustion chamber 
and nozzle housing). All 
these subcomponents of the 
chamber are annotated in 
Figure 4.

To start the design of 
the rocket motor, first the 
oxidizer–fuel combination 
(propellant) has to be chosen. 
For our design, we chose 
nitrous oxide (N2O) and 
acrylonitrile butadiene sty-
rene (ABS) as the oxidizer–
fuel combination. ABS was 
chosen as the fuel because 
of its ability to be additively 
manufactured, enabling 
rapid development of dif-
ferent fuel grain geometries 
as a way to increase perfor-
mance. ABS has sufficient 
mechanical properties and 
therefore will not crack or 
melt in different environments, and it has similar per-
formance characteristics to hydroxyl-terminated polybu-
tadiene (HTPB), which is a widely used fuel for hybrids.2

N2O was chosen as the oxidizer for this design because 
of its safety (low toxicity) and its self-pressurizing capa-
bility. N2O at room temperature, 68°F (20°C), has a 
vapor pressure of approximately 730 psia (5 MPa). With 
such a high vapor pressure, the self-pressurizing N2O 
eliminates the need for additional pressurants or feed 
systems, which typical hybrid rockets require,3 making 
N2O a desirable choice as the oxidizer. However, one of 
the disadvantages of N2O is its reduced performance, 
compared with other oxidizers, since two-thirds of N2O 
is nitrogen and nitrogen acts as a diluent, reducing the 
flame temperature.

After the propellant is selected, the thrust level 
had to be determined. We chose 400 lbf of thrust 
because this level gave us the ability to make man-
ageable changes given the available monetary budget. 
With the propellant and desired thrust levels chosen, 
we calculated additional performance details to design 
the fuel grain geometry, oxidizer mass flow rate, nozzle 
throat, injector, and pre- and postcombustion chamber 
geometry.

After the propellant was selected, the initial spe-
cific impulse (Isp) and oxidizer-to-fuel ratio (O/F) was 
determined. We performed chemical equilibrium cal-
culations using a NASA computer program, Chemical 

Equilibrium with Applications 2 (CEA2), to identify the 
theoretical sea-level Isp, optimal O/F, and characteristic 
velocity (c*). Equilibrium combustion for a rocket prob-
lem using N2O and ABS as the oxidizer and fuel was 
assumed. N2O was chosen from the NASA CEA2 ther-
modynamic data library,5 while the ABS composition 
was manually entered using the information in Table 1.

Next, the theoretical Isp curve shown in Figure 5 
was used in determining the target operating average 
O/F. The optimal O/F ratio was determined by identi-
fying at what O/F ratio the peak Isp occurs. From this 
figure, ABS/N2O has a peak Isp at an O/F ratio of 5.8. 
The results from the CEA calculations for the optimal 
O/F were then used to size the rocket motor for a thrust 
of 400 lbf. First the total propellant mass flow rate was 
determined by Eq. 1,

  𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 =
𝐼𝐼𝐼𝐼𝑠𝑠𝑠𝑠𝑝𝑝𝑝𝑝
𝐹𝐹𝐹𝐹

𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 =
𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝

1 + 𝑂𝑂𝑂𝑂
𝐹𝐹𝐹𝐹

𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑜𝑜𝑜𝑜= 𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 − 𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓

, (1)

Liquid oxidizer tank
Pressure control

valve
Pressurization

gas tank

Precombustion
chamber

Combustion
port

Postcombustion
chamber

Flow control
valve

Injector Solid fuel
grain Exit nozzle  

Aft
closure

Figure 4. Hybrid rocket motor geometry. In this concept, liquid oxidizer is stored in a tank and 
pressurized via a gas tank to control the oxidizer upstream pressure and mass flow rate into the 
combustion chamber. Oxidizer is injected into a precombustion chamber upstream of the primary 
fuel grain. The fuel grain contains an axial combustion port with varying geometry that generates 
fuel vapor to react with the injected oxidizer, which then enters a postcombustion chamber. (From 
Uddanti,4 CC BY-NC-ND, https://creativecommons.org/licenses/by-nc-nd/4.0/.)

Table 1. Input fuel properties for NASA CEA2 code

Fuel Formula

Molecular	
Weight	

(kg/kmol)
Density	
(kg/m3)

Heat	of	
Formation	
(kJ/mol)

ABS C3.85H4.85N0.43 57.1 975 62.6

Source: Whitmore, Peterson, and Eilers.6
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where  𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 =
𝐼𝐼𝐼𝐼𝑠𝑠𝑠𝑠𝑝𝑝𝑝𝑝
𝐹𝐹𝐹𝐹

𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 =
𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝

1 + 𝑂𝑂𝑂𝑂
𝐹𝐹𝐹𝐹

𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑜𝑜𝑜𝑜= 𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 − 𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓

 is the propellant mass flow rate, Isp is the 
specific impulse (for the 400-lbf motor at sea level), and 
F is the thrust.

Then, the total mass flow rate of the fuel and mass 
flow rate of the oxidizer were calculated from the opti-
mal O/F using Eqs. 2 and 3. The mass flow rate of the 
fuel is 

 𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 =
𝐼𝐼𝐼𝐼𝑠𝑠𝑠𝑠𝑝𝑝𝑝𝑝
𝐹𝐹𝐹𝐹

𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 =
𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝

1 + 𝑂𝑂𝑂𝑂
𝐹𝐹𝐹𝐹

𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑜𝑜𝑜𝑜= 𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 − 𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓

 and the mass flow rate of the oxidizer is 

 𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝 =
𝐼𝐼𝐼𝐼𝑠𝑠𝑠𝑠𝑝𝑝𝑝𝑝
𝐹𝐹𝐹𝐹

𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 =
𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝𝑝

1 + 𝑂𝑂𝑂𝑂
𝐹𝐹𝐹𝐹
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and the fuel grain geometry. These sizing dimensions are 
listed in Table 2 (see Humble, Henry, and Larson7):
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Using the oxidizer flow rate and the fuel geometry, 
we used a hybrid rocket motor ballistics code8 to size the 
nozzle throat and calculate 
the performance for pre- 
and post-test predictions. 
The ballistics code produces 
time-dependent thrust, 
chamber pressure, and O/F. 
Time-dependent O/F values 
are needed because the O/F 
ratio of a hybrid will vary 
during the course of the 
burn.

Oxidizer System
The calculated 
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was 2 lbm/s to achieve the 
required 400 lbf of thrust. 
This oxidizer mass flow rate 
was then used in sizing the 
oxidizer plumbing. Based 

on the required flow rate, a plumbing code that uses 
Bernoulli’s principle aided in the design of the oxidizer 
system, which includes loss coefficients for each of the 
fittings. Figure 6 displays the piping and instrumenta-
tion diagram (P&ID). Numerous fittings are needed for 
instrumentation and safety. A ¾-in. line was required 
to deliver the oxidizer flow rate while ensuring that the 
velocity in the pipe stayed below 50 ft/s, per the guide-
lines from the Compressed Gas Association. We chose 
the Nitrous Express Lightning 375 solenoid valve (V1 
and V2 in Figure 6) for the N2O valves because of its 
availability, low cost, and most important, its ability to 
pulse modulate the oxidizer flow into the chamber. Two 
N2O tanks and two 375 solenoid valves were required 
to obtain the 2 lbm/s of oxidizer flow rate because of 
the limiting orifice on the tank and valve. Using two 
oxidizer tanks allowed for longer run times but also 
helped avoid nitrous expansion upstream of the sole-
noids because the total pipe diameter increased after 
the single-run tank line was split into the two solenoid 
lines. A single solenoid valve is capable of controlling 
the nitrous flow rate with pulses actuating at 25%, 50%, 
75%, and 100% duty cycles. Having two solenoid valves 
upstream of the injector allows duty cycles from 0% to 
100% at 12.5% intervals and a total measured mass flow 
rate of 1.9 lbm/s, corresponding to 100% duty cycle. 
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Figure 5. Specific impulse vs. O/F ratios for nitrous oxide and ABS. 
This figure shows that ABS/N2O has a peak Isp at an O/F ratio of 5.8.

Table 2. Fuel grain and nozzle geometry for an initial 
400 lbf thrust

Parameter Value	(in.)

Nozzle throat diameter 1
Nozzle exit diameter 2.7
Grain outer diameter 5.75
Grain inner diameter 4
Grain length 20

N2
tank

Regulator

Pressure
gauge

Hand valve

Thermocouple

Solenoid valve

N2O
tank 1

N2O
tank 2

PT 1 PT 3

PT 2 PT 4

V 1

V 2

V 4

PT 6
PT 5 TC 6

TC 3
TC 4

TC 5

R 1

PT 7
PT 8

V 3

TC 1

Check valve

LC 1

Figure 6. P&ID of oxidizer plumbing. Numerous fittings are needed for instrumentation and 
safety. See Table 3 for specifications of the measurement devices used.
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A tee was used to combine the nitrous oxide after the 
two solenoid valves, where it then entered the injector 
before entering the combustion chamber, as shown in 
the P&ID. A nitrogen purge system extinguished com-
bustion upon completion of a test event.

Nozzle Geometry
When calculating the nozzle throat area, three 

key assumptions include required chamber pressure, 
c*, and the total mass flow rate (

10 

Figure 6: P&ID of oxidizer plumbing 

3.2 Nozzle Geometry 
Three key assumptions when calculating the nozzle throat are the required, desired chamber pressure, 
c* and the total mass flow rate (𝑚𝑚𝑚𝑚𝑚 𝑝𝑝𝑝𝑝𝑜𝑜𝑜𝑜+𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 ) where the regression rate correlation is what dictates the 
𝑚𝑚𝑚𝑚𝑚 𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓𝑓 . The desired chamber pressure was 400 psia. The regression rate multiplier and exponent were 
used from “Feasibility Study for Hypersonic Flight Test Using a Reusable Hybrid Rocket Motor” because 
this study used the same propellant, resulting in the nozzle geometry characteristics listed in Table 3 
(Nardozzo, 2019). 

Table 3: Fuel Grain and Nozzle Geometry for an Initial 400 lbf Thrust. 

), where 
the regression rate correlation is what dictates the 
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. The desired chamber pressure was 400 psia. 
We used the regression rate multiplier and exponent 
described by Nardozzo, Popkin, and Smith8 because in 
this study they used the same propellant, resulting in the 
nozzle geometry characteristics listed in Table 2.

Injector
The oxidizer injection characteristics play a substan-

tial role in hybrid rocket motor performance. In APL’s 
configuration, a two-phase oxidizer (N2O) is injected 
into the combustion chamber by means of an atom-
izer (injector), and a spray is formed. The liquid oxidizer 
droplets are vaporized in the precombustion chamber 
via the injector, and heat feedback from the flame flows 
through the combustion port and then reacts with the 
fuel grain to achieve stable combustion. The injec-
tor determines the mass flow rate into the combustion 
chamber,9 while the combustion process is primarily 
influenced by the incoming oxidizer flow pattern. Fur-
thermore, the flow characteristics can significantly affect 
the overall behavior of the motor in terms of thrust, fuel 
consumption, combustion efficiency, and combustion 
stability. The APL design initially used a commercial 
off-the-shelf spray injector from BETE, model SS12, as 
shown in Figure 7.10 This injector features 12 ports that 
are angled at 35° from the centerline of the motor. This 
injector was chosen because it reliably produces choked 
flow, which prevents known issues with feed-coupling 
instabilities,11 and has enough discharge area to deliver 
the mass flow rate required for the system pressures (i.e., 
line pressure and chamber pressure).

Precombustion and Postcombustion Chamber
We then chose the pre- and postcombustion cham-

ber dimensions around the fuel grain design. American 
Rocket Company (AMROC) testing found that pre-
combustion chambers are important for liquid oxidizer 
injection because they allow for the expanded N2O 
to adequately atomize before reacting with the flame 
front,12,13 thereby resulting in stable combustion and 
reducing the probability of a flame-holding instability 
(this instability is described later in the article). The for-
ward-facing step of the fuel grain, shown in both Figure 4 
and Figure 8, promotes favorable gasification of the oxi-
dizer for stable combustion and improved combustion 
efficiency.14 AMROC found that a forward-facing step 
sized at 13% of the full motor diameter increased resi-
dence time of the oxidizer to suppress acoustic instabili-
ties (described in the next section).15 The original APL 
design had a 14% forward-facing step, which is compa-
rable to the AMROC recommendation.

The precombustion chamber length was then set to 
have a length-to-diameter ratio, referenced on the outer 
diameter of the fuel grain, of 0.4, fixing the precombus-
tion chamber length to 2-in., per Humble, Henry, and 
Larson.7 Once the oxidizer atomizes in the precombus-
tion chamber, a boundary layer grows along the inner 
surface of the fuel grain where the flame forms inside 
the boundary layer. If the gasified propellants were 
exhausted right after reaching the end of the fuel grain, 
the rocket motor would not perform as well, since the 
residence time for those gases within the motor would 
not be long enough for complete combustion. There-
fore, a postcombustion chamber is used to increase the 
residence time and promote mixing to ensure complete 
combustion and increase efficiency. Typically, the post-
combustion chamber has an L/D of 0.5 to 1. This hybrid 
design uses an L/D of 0.6, which results in a postcombus-
tion chamber length of 2.895-in. (see Humble, Henry, 
and Larson7).

INSTABILITY AND REUSABILITY 
CONSIDERATIONS

During the design process, the fuel grain and cham-
ber were sized to achieve the required performance; 
however, reusability needs to be considered too. The 

35°

Figure 7. Images of the BETE SS12 injector. This injector features 
12 ports that are angled at 35° from the centerline of the motor. 
This injector was chosen because it reliably produces choked flow, 
which prevents known issues with feed-coupling instabilities and 
has enough discharge area to deliver the mass flow rate required 
for the system pressures (i.e., line pressure and chamber pressure).

Forward-
facing
step

Figure 8. Forward-facing step in a hybrid rocket motor. The 
forward-facing step of the fuel grain promotes favorable gasifica-
tion of the oxidizer for stable combustion and improved combus-
tion efficiency.
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two main challenges that needed to be accounted for in 
the design were the combustion instabilities and ther-
mal management of the various motor components. 
This section discusses in more detail both of these chal-
lenges, and how they were addressed and/or mitigated in 
the design.

Combustion Instabilities
Overall, the hybrid combustion process tends to pro-

duce more oscillatory pressure versus time characteris-
tics than either liquid or solid rocket engines. However, 
a well-designed hybrid typically limits combustion noise 
to approximately 2% to 3% of mean chamber pressure. 
When pressure oscillations occur in hybrid motors, they 
are observed to grow to a limiting amplitude dependent 
on such factors as the oxidizer feed system and injec-
tor characteristics, oxidizer mass velocity, fuel grain 
geometric characteristics, and mean chamber pressure 
level. Hybrid motors have exhibited two basic types 
of instabilities in static test environments: an instabil-
ity induced by the oxidizer feed system (nonacoustic) 
and a flame-holding instability (acoustic). Instability 
of the oxidizer feed system is essentially a “chugging” 
type characteristic, illustrated in Figure 9, and arises 
when the feed system is sufficiently “soft.” In terms of 
this system, soft implies a high level of compression from 
two-phase flow in the oxidizer feed lines combined with 
insufficient isolation from the motor combustion pro-
cess. To counteract this chugging-type instability, the 
motor’s feed/injection system was stiffened by increasing 
the injector pressure drop (making propagation of motor 
pressure disturbances upstream through the feed system 
more difficult) and eliminating sources of compress-
ibility in the feed system.14 This was done by ensuring 
that the injector pressure drop was 40% of the cham-
ber pressure.7 Flame-holding instabilities are the second 

type of instability a hybrid motor faces and arise because 
of inadequate flame stabilization in the boundary layer; 
they are not associated with the oxidizer feed system 
flow perturbations.

Thermal Management
Thermal management had to be addressed for three 

parts: the precombustion chamber, the postcombustion 
chamber, and the nozzle. Thermal management is an 
important part of this design to ensure that the rocket 
motor can withstand the high temperatures for a test 
window of 30–60 s. While the focus of the hybrid motor 
design was reusability, we understood that not all parts 
of the motor were going to be reusable and would prob-
ably need to be replaced between motor tests.

For other hybrid motor designs, the precombustion 
chamber section was insulated using paper phenolic; 
thus, the same insulation was chosen for the design of 
the APL hybrid motor.16,17 One of the main concerns 
was the postcombustion chamber, where the hot com-
bustion gases reside to increase motor efficiency. The 
temperature within this area is on the order of 5,792°F 
(3,200°C); therefore, the postcombustion chamber 
needed to survive this high-temperature environment 
while at the same time remaining reusable. To manage 
this environment, a postcombustion chamber insert 
was conceived and designed for easy replacement after 
each test. The aft closure design is shown in Figure 10. 
Here, the postcombustion chamber insert is made up of 
the ethylene propylene diene monomer (EPDM) insu-
lation, which is glued into a 3-D-printed ABS closure. 
This ABS closure screws into the metal closure, which 
houses the postcombustion chamber and nozzle. The 
nozzle is then held in place by a retention ring and 
bolts. This design allows for easy replacement of the 
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Figure 9. “Chugging” type characteristic. Periodic, large-
amplitude, low-frequency combustion pressure oscillations are 
an example of oxidizer feed system combustion instability also 
known as a chugging-type instability. Hybrids typically observe 
combustion noise on the order of 2% to 3% of mean chamber 
pressure; however, noise rising above 2% to 3%, as shown in this 
figure, signifies a combustion instability. This chugging-type 
instability is an issue and in some cases can cause a motor failure. 
(Reprinted from Sutton and Biblarz,14 with permission.)

EPDM
3-D-printed
ABS closure Metal

closure

Nozzle

Bolts and
retention

ring

Figure 10. Aft closure assembly. The postcombustion chamber 
insert is made up of the EPDM insulation, which is glued into a 
3-D-printed ABS closure. This ABS closure screws into the metal 
closure, which houses the postcombustion chamber and nozzle. 
The nozzle is then held in place by a retention ring and bolts. This 
design allows for easy replacement of the postcombustion cham-
ber insert between tests while all other parts remain reusable.
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disassembled and reassembled for a rapid turnaround 
with multiple tests in a single day. The fuel grain is 
replaced by unscrewing the aft closure assembly and 
pulling out the burned paper phenolic/fuel grain insert 
and then replacing it with a new insert, as illustrated in 
Figure 13. The postcombustion chamber insert is also 
replaced, and the aft closure component is reassembled 
and re attached for the next motor firing.

GROUND-TEST FACILITY AND EXPERIMENTAL 
SETUP

The hybrid rocket test facility located on the APL 
campus consists of an isolated instrumentation build-
ing and nearby outdoor enclosure. The hybrid rocket 
testing occurs in the outdoor enclosure, while person-
nel shelter in the instrumentation building, which is 
a safe distance away, to conduct test events. Figure 14 
shows the inside of the outdoor enclosure. Shown in 
the background are the two oxidizer tanks (known as 

run tanks), each connected 
to a Nitrous Express Light-
ning pulse-actuated solenoid 
valve and the hybrid motor 
combustion chamber resting 
on the thrust stand. Figure 6 
shows the P&ID schematic 
of this setup, which comple-
ments Figure 14 in convey-
ing the overall setup and 
operation of the APL hybrid 
rocket motor.

The igniter assembly for 
the motor included a stain-
less steel housing with a 
PAVE Technology 2064 her-
metic electric feedthrough to 
pass in 12-V, 3-A current to 
initiate an Aerotech D13-7W 
solid motor. The observed 

postcombustion chamber insert between tests while all 
other parts remain reusable.

We first chose a commercial off-the-shelf glass phe-
nolic nozzle, from Rocket Motor Components, with 
a throat diameter of 1 in. This nozzle was purchased 
because it is readily available and low cost; however, we 
understood that it would erode. As the nozzle erodes, the 
chamber pressure within the motor is reduced. There-
fore, during the test campaign we used other reusable 
nozzle designs, such as a non-eroding tungsten throat 
insert (see Figure 11). The APL hybrid rocket motor 
design is shown in Figure 12.

The APL motor was designed to be modular to allow 
for flexibility in the lengths of the fuel grain and the 
pre- and postcombustion chambers, which are easily 

Forward bulkhead

Injector

Precombustion
chamber Fuel grain 

Nozzle

Aft closure/
assembly

Postcombustion
chamber

Combustion
chamber

Figure 12. APL hybrid rocket motor combustion chamber design. Dimensions (top) and nomen-
clature (bottom) are noted.

Metal
chamber

Paper phenolic
with fuel grain

Aft closure
assembly

Figure 13. Schematic of the rapid assembly and disassembly 
of combustion chamber. The fuel grain is replaced by unscrew-
ing the aft closure assembly and pulling out the burned paper 
phenolic/fuel grain insert and then replacing it with a new insert.

Print Machine Bond Assemble

Figure 11. Tungsten throat insert for a reusable rocket nozzle.

Print Machine Bond Assemble
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time from the ignition command to the start of the Aero-
tech motor is approximately 0.5 s. After the motor starts, 
hot combustion products are ejected into the precom-
bustion chamber during the nominal burn time of 1.5 s. 
Approximately 1 s after the Aerotech motor starts, the 
oxidizer is introduced. First, a single solenoid is opened 
at 50% duty cycle and then, after 0.33 s, the second sole-
noid is opened at 50% duty cycle. After another 0.33 s, 
both solenoids are operated at 75% duty cycle. Finally, 
after another 0.33 s, both solenoid valves are opened to 
100% for a total of 1.9 lbm/s flow rate. Figure 15 shows 
the solenoid and igniter command signals leading to 
ignition and combustion. This process has proven to 
provide reliable ignition as long as the igniter wire suc-
cessfully ignites the Aerotech motor. The controller for 
the ignition sequence and entire test event is driven by 
an Arduino controller.

During the test, data acquisition includes multiple 
pressure and temperature sensors in addition to a load 
cell to monitor the motor thrust during each test. Table 3 

lists the instrumentation used during the tests, while 
Figure 6 shows the locations of each pressure, tempera-
ture, and thrust sensor used. The pressure sensors are 
placed such that they measure each of the nitrous bottle 
pressures, nitrous pressure upstream and downstream of 
the solenoids, and the chamber pressure. The thermo-
couple (type K) locations vary based on the objective 
of the test, but there is typically a thermocouple on the 
forward bulkhead, on the neck of the injector, on the 
exterior of the motor case opposite the precombustion 
chamber, and on the exterior of the motor case near the 
postcombustion chamber.

TEST RESULTS/IDENTIFICATION OF A THERMAL 
MANAGEMENT ISSUE

We conducted a test campaign, after manufacturing 
and assembling the designed 400-lbf rocket motor, to 
evaluate the motor’s performance and validate the bal-
listics model. The test duration was set to 6 s, with a 1-s 
start-up sequence to ensure proper ignition. We chose 
the start-up transient of 1 s so that enough heat from 
the igniter would start to pyrolyze the fuel grain while 
also slowly introducing the oxidizer to ensure the flame 
would not be blown out. We chose a duration of 6 s for 

Table 3. Specifications of measurement devices used

Measurement	
Device

Company/	
Model	No.

Corresponding	
No.	in	Figure	6

Temperature Omega/TC-K-NPT-E-72 TC 1, 2, 3
Temperature Omega/SA1-K-SRTC TC 4, 5, 6
Pressure transducers Setra/206 PT 1, 2, 3, 4, 5, 6
Load cell Omega/LC305 LC 1

Solenoid
valves

Rocket
motor Thrust

stand

Nitrous
oxide
run tank

Figure 14. APL hybrid rocket testing facility with test stand and 
oxidizer run tanks depicted. Along with Figure 6, which shows 
the P&ID schematic drawing of this setup, this image conveys the 
overall setup and operation of the APL hybrid rocket motor.
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Figure 15. Time trace of solenoid and igniter commands leading 
to maximum flow rate combustion. This process has proven to 
provide reliable ignition as long as the igniter wire successfully 
ignites the motor.

Figure 16. Still image of the first 6-s test. This test campaign 
evaluated the motor’s performance and validated the ballis-
tics model. The test duration was set to 6  s, with a 1-s start-up 
sequence to ensure proper ignition. We chose the start-up tran-
sient of 1 s so that enough heat from the igniter would start to 
pyrolyze the fuel grain while also slowly introducing the oxidizer 
to ensure the flame would not be blown out.
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the test campaign to meet our test objectives of reach-
ing steady state for a minimum of 5 s. This duration was 
long enough to ensure that there were sufficient data to 
obtain the performance parameters that were needed 
and short enough to allow observation of whether the 
motor experienced any heating. Figure 16 is an image 
of the hybrid motor operating during the start-up tran-
sient of the test. 

Figure 17 shows all signals and pressure and thrust 
measurements recorded during the run. The difference 
between the nitrous tank and solenoid input pressure 
measurements shows that the pressure drop over the 
length of plumbing averaged 30 psid. This pressure drop 
over the length of the plumbing is less than what the 
plumbing code predicted and is a positive result in terms 
of the overall system. Loss coefficients were taken from 
fluid textbooks and are most likely higher than what was 
observed. The thin black curve shows the pressure down-
stream of the solenoid valves after the flow from each run 
tank merges. The pressure difference between the blue 
and black curves shows an average pressure drop across 

the solenoids near 100 psid. Finally, the magenta curve 
shows the chamber pressure during the run. All pressure 
readings show fairly consistent pressure drops across the 
system for the duration of the run. Another interesting 
observation is that when the chamber pressure measure-
ments during the initiation sequence showed the lowest 
throttle of 25% (one solenoid at 50%), thrust was pro-
duced, thereby demonstrating an indication of throttled 
performance. Also, the ignition rise time is quantified 
from the start of the igniter going off to 75% max cham-
ber pressure, as annotated in the figure.

Figure 17 shows the thrust profile during the start-
up sequence, the 6-s thrust duration, and the shutdown 
sequence of the test. The thrust profile tracks well with 
the chamber pressure; however, during the last 3 s of the 
burn, the chamber pressure starts decreasing while the 
thrust remains constant, indicating nozzle erosion based 
on Eq. 4. The nozzle throat was measured after the test 
and an erosion rate of 8 mils/s was calculated using the 
test data,

 F = Pc At Cf , (4)

where Pc represents the chamber pressure, At is the nozzle 
throat area, and Cf is the thrust coefficient.

Rearranging this equation for At, as shown in Eq. 5, 
reveals that if the thrust stays constant with decreasing 
pressure, the nozzle throat area must increase, since Cf 
stays fairly constant:

 𝐴𝐴𝐴𝐴𝑡𝑡𝑡𝑡 =
𝐹𝐹𝐹𝐹
𝑃𝑃𝑃𝑃𝑐𝑐𝑐𝑐𝐶𝐶𝐶𝐶𝑓𝑓𝑓𝑓

. (5)

Also note that thrust measured during the start-up 
sequence is consistent with the combustion chamber 
pressure measurements shown in Figure 17 and the 
solenoid cycling introduced pressure fluctuations at the 
solenoid inlet.

Immediately following this first test, the combus-
tion chamber was disassembled for post-test inspection. 
The only anomalous observation from this test was the 
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Figure 17. Test 1 data including signals (top), pressures (middle), 
and thrust (bottom). In the middle panel, the thin black curve 
shows the pressure downstream of the solenoid valves after the 
flow from each run tank merges. The pressure difference between 
the blue and black curves shows an average pressure drop across 
the solenoids near 100 psid. Finally, the magenta curve shows the 
chamber pressure during the run.

Contour of bulkhead 
prior to test

Depostition Erosion

Figure 18. Post-test sectioned forward bulkhead. This figure 
shows the change to the original inner contour (shown by the red 
curve) due to high-temperature flow near the injector.
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eroded forward bulkhead in the vicinity of the injector 
(shown in Figure 18). The red curve in Figure 18 illus-
trates the original forward bulkhead contour before the 
test. Both erosion and deposition of the aluminum are 
evident in this image. Without management of this 
thermal environment, the combustion chamber would 
probably not be able to operate for much more than 6 s 
and would not be reusable. Forward bulkhead thermal 
performance was considered when selecting the mate-
rial, but empirical thermal environment proved to be 
higher than expected. The forward bulkhead was fab-
ricated from aluminum 6061. Once it reaches 212°F, 
aluminum 6061 starts losing its mechanical strength 
by 10%; it loses as much as 50% at 392°F, and it starts 
melting at 1,090°F.18 The forward bulkhead saw temper-
atures exceeding 1,090°F, which significantly reduced 
the mechanical strength (up to 75% reduction on yield 
strength), ensuring that this motor design would not 
last for much longer than 6 s. As designed, the thermal 
load on the forward bulkhead is unacceptable for a reus-
able hybrid rocket motor. This motivated a redesign of 
the APL hybrid rocket motor. The following section 
discusses the redesign and additional testing needed to 
verify it.

REDESIGN CAMPAIGN
As previously discussed, APL had embarked on a test 

campaign to evaluate the performance of a hybrid rocket 
motor design. However, once the thermal management 
issue was discovered from the initial test, focus shifted to 
solving the heating problem at the forward bulkhead. In 
the interest of efficiently and quickly exploring the prob-
lem, we used an unsystematic test approach and often 
changed multiple design elements at once based on intu-
ition, test results, and literature research. We made these 
choices to best manage the funding and schedule limita-
tions of the program.

Four tests were conducted to investigate the effect of 
design changes on forward bulkhead heating. Leverag-
ing the observations from other researchers, the evolu-
tion of the forward bulkhead design involved changes 
to both the precombustion chamber (length) and the 
injector (spray angle and individual port contours). The 
following section discusses the original combustion 
chamber design and details the iterations and discover-
ies toward a successful design that achieves a reusable 
forward bulkhead.

The thermal heating result from the first test was 
unexpected because the precombustion chamber design 
was similar to other documented chambers,19–21 and the 
N2O expands just after the injector, resulting in a very 
cold (~5°F) gas in the precombustion chamber. However, 
other researchers also found precombustion thermal 
management problems22,23 where post-test observa-
tions showed a damaged injector. In these cases, they 

changed the injector from aluminum to stainless steel 
to withstand the heating22 or increased the length of 
the precombustion chamber.23 In addition, Jones, Myre, 
and Cowart found that the fluid motion resulting from 
a swirl injector provides a thermal barrier via the oxi-
dizer between the flame front and the forward bulkhead, 
whereas the fluid motion resulting from conical axial 
injectors does not.24

Figure 19 shows the primary flow features associated 
with a conical, axial-injection hybrid rocket similar to 
the design tested at APL. This figure shows regions of 
recirculation that are potentially responsible for intro-
ducing hot gases at the injector from the flame front at 
the forward end of the fuel grain.

In view of other researchers experiencing precom-
bustion chamber overheating, we conducted a SOLID-
WORKS Flow Simulation analysis of the N2O flow 
behavior in the forward bulkhead area. The analysis 
showed a center recirculation driving flow back into the 
injector area of the forward bulkhead, as illustrated in 
Figure 20, where the oxidizer transports significant heat 
to the forward bulkhead.

More than 50% of the recirculation occurred over the 
flame front, and we decided that the heat input from 
the flame to the nitrous oxide was the primary contribu-
tor to the forward bulkhead heating. We also postulated 
that the 35° injector spray angle was contributing to the 
recirculation region and could possibly pose a future 
problem with combustion instability. Therefore, test 2 
used a custom, pure axial injector design with straight 
ports and the same orifice diameters as the BETE injec-
tor displayed in Figure 21.

Furthermore, based on the literature, we redesigned 
the precombustion chamber as well. The precombustion 

Oxygen 
injector

Fuel grain

Impingement
point

Redevelopment
zoneJet spreading

Recirculation
zone

Pre-
chamber

Lc xmax

Figure 19. Schematic of a conical axial-injection hybrid rocket 
with the main flow characteristics downstream of the injector 
and in the precombustion chamber. The design shown is similar 
to the one tested at APL, and the figure shows regions of recircu-
lation that are potentially responsible for introducing hot gases 
at the injector from the flame front at the forward end of the fuel 
grain. (From Carmicino and Sorge;13 reprinted by permission of 
the American Institute of Aeronautics and Astronautics, Inc.)
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the injector. This was due to the injector ports being 
simple flat plate orifices such that the nitrous oxide was 
not choked across the injector. As discussed previously, 
hybrids need a 40% pressure drop across the injector 
(from in front of the injector to the combustion cham-
ber) to ensure that the flow is choked. This was not the 
case for this test. The injector inlet pressure was equal 
to or below the chamber pressure at 2.2 s in Figure 22. 
However, since N2O is a two-phase liquid, the design 
approach of an injector changes based on the vapor 
pressure of the liquid, and this was remedied by rede-
signing the injector with longer contoured ports based 
on Waxman.26 Waxman thoroughly discusses injector 
design to achieve ideal N2O injection and safe hybrid 
motor operation (i.e., no feed-coupling instabilities). 
Based on his work, we designed a new custom injector 
with a chamfered inlet and L/D ratio of 12 on the throat 
that expanded at a 1.5° half-angle to the chamber, as 
shown in Figure 23. This would ensure that the injector 
acted as a cavitating injector, forcing the N2O to cavi-
tate inside the diverging portion of the injector to suffi-
ciently isolate the oxidizer plumbing from the chamber 
at varying system pressures.

Figure 22 shows the thrust measured for the second 
test. The initial thrust was slightly lower than in the first 
test because the fuel surface area had to be reduced to 
achieve the increased precombustion chamber length; 
in this test, the fuel grain length was reduced by 2.8 in. 

chamber was lengthened from Lc = 2 in. to Lc = 4.8 in. 
(where Lc is in reference to Figure 19) to obtain a pre-
combustion chamber length-to-diameter ratio of one 
based on the upper limit from Humble, Henry, and 
Larson7 and Gomes, Rocco, and Rocco23 in an effort to 
reduce the heat feedback from the flame to the forward 
bulkhead. As the length of the precombustion chamber 
is increased, the temperature will gradually decrease due 
to reduced heat transfer to the walls.25 Other than the 
length change, the precombustion chamber geometry 
stayed the same.

Figure 22 shows the pressure measurements of the 
newly designed precombustion chamber and injec-
tor, which demonstrates a strong feed-coupling insta-
bility, as indicated by the highly oscillatory pressure 
signal in both the combustion chamber and inlet to 

Figure 20. Flow recirculation of nitrous oxide. The analysis 
showed a center recirculation driving flow back into the injector 
area of the forward bulkhead, where the oxidizer transports sig-
nificant heat to the forward bulkhead.

Custom axial injector
(no contour)

Figure 21. Custom axial injector design. Test  2 used a custom, 
pure axial injector design with straight ports and the same orifice 
diameters as the BETE injector.
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Figure 22. Test 2 data including pressure and thrust measure-
ments. The newly designed precombustion chamber and injec-
tor demonstrated a strong feed-coupling instability, as indicated 
by the highly oscillatory pressure signal in both the combustion 
chamber and inlet to the injector. The initial thrust in test 2 was 
slightly lower than in the first test because the fuel surface area 
had to be reduced to achieve the increased precombustion 
chamber length. Test duration was also decreased from 6 s to 4 s 
as a result of the heating issues observed during test 1.
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However, the thrust also drops after 2 s. This drop is 
due to the feed-coupling instability reducing the nitrous 
flow rate, which in turn reduces the thrust.

Despite the instability, this test demonstrated a suc-
cessful reduction in heating on several areas of the for-
ward bulkhead, as no melting was observed. The time 
history of the thermocouple data is plotted in Figure 24. 
Note that the temperature continues to rise at the con-
clusion of the test at 5 s. This is due to a thermal lag 
in the temperature response because the internal heat 
takes a finite amount of time to conduct through the 
bulkhead to the outer surface where the thermocouple 
is located. Because of the thermal lag, analysis of the 
data should also consider the rate of change in tempera-
ture as a metric evaluation of the reduction of internal 
heating in the precombustion chamber. The results from 
this second test support the hypothesis that the recircu-
lation region was initially drawing too much heat from 
the flame front and the precombustion chamber was not 
long enough to effectively isolate the high temperature 
of the flame front from the forward bulkhead, which 
caused the overheating.

A third test was conducted, while the new custom 
axial contoured injector was being designed, to confirm 
the hypothesis that lengthening the precombustion 
chamber would reduce the forward bulkhead tempera-
tures. The change for the third test was to eliminate 
the feed-coupling instability by using the original 
BETE SS12 injector. Data from this test, plotted in 
Figure 25, indicate that the feed-coupling instability 
was eliminated by the lack of large oscillations in the 
combustion chamber and injector inlet pressure mea-
surements that are shown in Figure 22. Note that the 
run tank pressures were low compared to the first two 
tests (800–900 psia), which also result in lower injector 
inlet and combustion chamber pressures. The run tank 
pressures have to be considered before every test to 
ensure they are not low enough to fall below the 40% 
margin on the N2O vapor pressure that is needed to 
eliminate feed-coupling instabilities. For this specific 
test, the pressure was well above the margin. Figure 25 
shows that the thrust measured during the third test 
is comparable to that seen during the second test, yet 
lower than that of the first test. This thrust reduction 
was expected because the fuel grain length (reduced by 
2.8 in.) and overall surface area were reduced in order 
to increase the precombustion chamber length. There 
are no thermo couple data for the third test because of 
an electrical short in the thermocouple wires. However, 
the pressure data for the injector and chamber pressure 
indicate that the BETE SS12 injector eliminated the 
feed-coupled instability.

We conducted a fourth and final test with the new 
custom axial injector with contoured ports. This final 
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Figure 24. Test 2 time trace of the hybrid motor temperature 
data. Shown are measurements for the side of the precombus-
tion chamber (black), the forward face of the injector neck (red), 
and the neck of the injector (blue).

Pr
es

su
re

 (p
si

a)
Th

ru
st

 (l
bf

)

600

500

400

300

0

200

100

0        1         2        3        4         5        6         7        8        9       10

Time (s)

1,000

800

600

400

200

0

Chamber pressure
Injector inlet pressure
Solenoid inlet pressure 1
Solenoid inlet pressure 2 
Run tank pressure 1
Run tank pressure 2

Figure 25. Test 3 data including pressures and thrust. The thrust 
measured during the third test is comparable to that seen during 
the second test, yet lower than the that of the first test. This thrust 
reduction was expected because the fuel grain length (reduced 
by 2.8  in.) and overall surface area were reduced in order to 
increase the precombustion chamber length.

Custom axial injector
(contoured)

Figure 23. Custom axial injector with contoured ports. Based 
on Waxman’s work,24 we designed a new custom injector with a 
chamfered inlet and L/D ratio of 12 on the throat that expanded 
at a 1.5° half-angle to the chamber. This design ensured that the 
injector acted as a cavitating injector, forcing the N2O to cavitate 
inside the diverging portion of the injector to sufficiently iso-
late the oxidizer plumbing from the chamber at varying system 
pressures.
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test verified that a longer precombustion chamber, 
paired with a custom injector, reduced the heating 
on the forward bulkhead as desired. The test data in 
Figures 26 and 27 show evidence of a successful rede-
sign of the APL hybrid motor to address the thermal 
management of the forward bulkhead. Figure 26 shows 
the pressure and thrust measurements for the final test. 
The pressure-time history demonstrates the successful 
elimination of feed-coupling instability. Further note 
that the run tank pressures were low again compared 
to the first three tests, contributing to the lower injec-
tor inlet and combustion chamber pressures. Figure 26 
shows a corresponding thrust reduction compared to 
prior tests because of the reduced overall system oper-
ating pressures and shortened fuel grain length. Yet, 
this test had a similar oxidizer mass flow rate as test 3 
but a lower thrust value with the same fuel grain geom-
etry. This is an indication that the pure axial injector 
reduced the regression rate of the fuel grain compared 
to the conical injector, which was observed in other 
research.27 The pure axial injector is more suitable 
in eliminating acoustic instabilities relative to the 
conical injector14 because it helps produce a counter-
flowing hot gas recirculation zone, similar to that of a 
rearward-facing step, at the head end of the diffusion 
flame. This provides sufficient oxidizer preheating at 
the leading edge of the boundary-layer diffusion flame 
to stabilize combustion.

Figure 27 shows the thermocouple data for the final 
test, illustrating that the temperature of the forward 
bulkhead is well below the temperature where the 
mechanical strength of aluminum begins to reduce 
because of elevated temperature, as previously discussed. 
The data show that the temperature on the external 
surface of the forward bulkhead is 86°F (30°C). The 
Department of Defense handbook18 notes that the 
mechanical strength is reduced by 10% when alumi-
num 6061 reaches 212°F (100°C). Again, note that the 
temperatures for all thermo couple locations in the final 
test continued to rise after the conclusion of the test at 
5 s—the same as in the second test. However, compar-
ing the rate of change of the temperature (i.e., the slope 
of the temperature-time history) between the fourth and 
second tests reveals that the rate for the fourth test is 
smaller than the rate for the second test, which indi-
cates that the forward bulkhead heating was reduced 
for the fourth test. The heating rate in the fourth test 
was reduced by 113% from the second test. These results 
indicate that the design assessed in the fourth and final 
test is an improvement over all previous designs, reduc-
ing the forward bulkhead heating yet continuing to pro-
duce stable combustion.

Table 4 and Figure 28 summarize all four tests and the 
corresponding critical design features that were changed 
and evaluated.
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Figure 26. Test 4 data including pressures and thrust. The 
pressure-time history demonstrates the successful elimination of 
feed-coupling instability and a corresponding thrust reduction 
compared to prior tests because of the reduced overall system 
operating pressures and shortened fuel grain length. Yet, this test 
had a similar oxidizer mass flow rate as test 3 but a lower thrust 
value with the same fuel grain geometry. This is an indication 
that the pure axial injector reduced the regression rate of the fuel 
grain compared to the conical injector, which was observed in 
other research.
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Figure 27. Test 4 time trace of the hybrid motor temperature 
data. Shown are measurements for the side of the precombus-
tion chamber (black), the forward face of the injector neck (red), 
and the neck of the injector (blue).

Table 4. Summary of tests executed with critical design 
features evaluated

Test
Dura-
tion	(s) Injector

Spray	
Angle	
(deg)

Precombus-
tion	Chamber	
Length	(in.)

1 6 SS12 35 2.0

2 3 Custom axial 
straight ports 0 4.8

3 3 SS12 35 4.8

4 6 Custom axial with 
contoured ports 0 4.8
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SUMMARY AND CONCLUSIONS
Given our vision and a limited budget and sched-

ule, our focus was to design a prototype hybrid rocket 
motor with an emphasis on reusability and affordability. 
This article described the design choices we made, why 
we made them, and how they drove the overall engine 

design. Our choices and decisions illustrate how the clas-
sic “build a little – test a little” prototyping philosophy 
can be successfully applied even to an advanced and rev-
olutionary hypersonic testing vision. We investigated a 
forward bulkhead overheating issue that threatened the 
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Figure 28. Summary of critical design features evaluated and flowchart of tests executed.
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reusability of the hybrid rocket motor design. Through 
a series of four tests, we evaluated several design varia-
tions for the forward bulkhead geometry, injector, and 
precombustion chamber length to manage the thermal 
environment at and near the forward bulkhead of the 
motor. We conducted the test campaign to quickly dis-
cover geometric design features that reduced heating on 
the forward bulkhead. Between each test, we changed 
multiple variables, making it difficult to isolate the 
effects of each specific modification, but the information 
in total was useful. We found that the forward bulkhead 
heating is strongly dependent on the length-to-diameter 
ratio of the precombustion chamber, injector, and the 
forward-facing step of the fuel grain. During the test 
campaign, we designed a custom injector that helped 
reduce forward bulkhead heating along with chamber 
instabilities.

Near-term future work could explore how our itera-
tive design changes affect forward bulkhead heat ing 
and overall hybrid motor performance. Longer-term 
future work in support of our overall reusable hybrid 
rocket motor vision could include testing the 400-lbf 
motor for the intended duration of 45 s to evaluate the 
bulkhead heating rate. Next steps could then include 
integration of all systems, evaluation of reignition and 
reusability, and eventually a flight test. In parallel, the 
motor could be scaled up to the desired 1500 lbf to 
prove out the hybrid rocket motor performance that is 
needed to reach hypersonic conditions with a payload 
less than 500 lbm.
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